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Abstract 
 
Aerodynamic study of  Dassault rafale aircraft using computational fluid dynamics method clarified the effect of shock 

waves encountered by delta wing in cruising supersonic medium. Analysis was carried out by using CAD model of the 
RAFALE aircraft with analytical calculations of fluid parameters which helped to observe the behaviour of supersonic flow 
over the selected aircraft. Different supersonic airfoils were used in wing configurations and analysed with suitable 
boundary condition. Each airfoil with wing considered as different cases. Analytical calculation of flow parameters were 
determined from the shock angle that has been encountered by the wing section of RAFALE aircraft. These flow 
parameters further used to decide the characteristic, strength and property of the shock waves. Also helped to conclude the 
result by comparing the fluid parameters. For futuristic study, supersonic wedge airfoil is introduced and gave promising 
results for same boundary condition. This study may help in future for optimisation of delta wing for supersonic flow with 

constant swept back angle. 

 
1. Introduction 
 

Aerial military vehicles are getting new technological advancement day by day in this century. Especially 

military aircrafts which are made for the combat purposes has to undergo many research studies in structural, 

propulsion, avionics, controls and as well as in aerodynamics domain in order to be in production line and 

further upgradation. Aerodynamic study for these military aircrafts is mandatory to analyse the behaviour of 

the aircrafts and it’s components in different region of speed as well as with altitude. 

      Dassault Rafale aircraft is currently one of the superior military aircraft in the world. Being 4.5th generation 

aircraft, it was able to cruise at 1.8M of speed at 50000 ft altitude above from sea level as per the dassault 

aviation site. This research is conducted to observe the aerodynamic behaviour of 48o of delta wing with 
different configuration of airfoils which belongs to the supersonic category. Using theoretical statements and 

equations, analytical and CFD results were derived for the study of shock waves in supersonic region over 

delta wing.  

       Different configuration of supersonic airfoils were used for designing delta wing  in CAD environment 

and deriving the values of fluid parameters through  computational fluid dynamics software made the 

observation as well precise with the support of analytical calculation details. It provides clarity of shock waves 

with analytical results at supersonic speed which may help in future for further supersonic shock wave studies. 
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2.  Theoretical approach 

 
2.1 Supersonic flow 

 
Supersonic flow is a condition where speed of the fluid is greater than the local speed of sound wave (a). That 

means the actual velocity of the flow is greater than 343 m/s. Supersonic condition can be identified when the 

Mach number(M) of the flow falls in-between 1.4 < M > 5.0.  A small disturbance in the supersonic flow field 

leads to the formation of Mach cones or Mach lines which affects the flow parameters like pressure(P), 

density(ρ), velocity(v) etc. This major variations in the flow creates two different regions. They are, 
 

 Upstream region 

 Downstream region 

 

 
Fig. 2.1(a) schematic diagram of Mach cone in supersonic flow region. 

 

Upstream region is basically undisturbed flow. That means the flow region before the disturbance. In this 

region, Flow maintains its parameters relatively constant until the disturbance introduced. But downstream 

region does not follow the same case. As soon as disturbance occurred, Mach cones and Shock waves arises 

with respect to the type of disturbance (in this case disturbance referred as the shape of body or object). Hence 

downstream flow parameters will gets differed.  

 

2.2 Shock waves 
 
Shock waves are the propagating pressure waves which are raised from the local disturbance in the supersonic 

medium. These pressure waves or shock waves are highly effective when an object is travelling in 

compressible fluid medium with supersonic velocity. These shock waves can be identified as strong shock and 

weak shock waves based on the variations in density and pressure of the flow. Generation of shock waves 

mainly depends on velocity of the flow, compressibility factor of fluid and shape of the object which causes the 
disturbance in the supersonic flow medium. Shock waves can be categorised as, 
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 Normal shock waves 
 Oblique shock waves 

 Bow or Curved shock waves 

 

2.2.1 Normal shock waves 

 
When flow is in supersonic condition passes through the disturbance source (body), a strong compressed 
pressure wave occurs which is perpendicular to the flow direction. These highly compressed pressure waves 

are known as “Normal shock waves”. These shock waves gets detached from the body when upstream Mach 

number of the flow approaches supersonic. i.e., Mo > 1.4. Upstream flow will directly get affected from this 

normal shock and parameters start to vary from this region. Such disturbed flow region is termed as 

downstream region and parameters differs completely from upstream region. 

 
Fig 2.2.1(a) Schematic representation of Normal shock wave. 

Where, 

ϴ = Wedge angle 

β = Shock angle (90o) 

 

Above fig indicates detached normal shock wave for a symmetric wedge by the influence of supersonic 

velocity. These pressure waves are stronger than oblique and curved shock waves and highly dangerous when 
we consider aircrafts in supersonic flight. Even though aircraft materials are modernised for withstanding high 

pressure and shear stress, they may fail structurally when faces these highly pressurised normal shock waves. 

 

2.2.2 Oblique shock waves 
 
These are the compressed pressure waves generated in the transonic and late transonic flow region due to the 

presence of sharp bodies. Shock angle (s) of these oblique waves are always lesser than 90o. When uniform 
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flow made to pass through oblique shock waves, flow will get diverged with certain angle. This angle is termed 
as flow deflection angle (a). This angle measured from deflected or resultant flow line to initial upstream flow 

line. Deflection angle depends on strength of shock wave. If it’s a strong shock, deflection angle increases. 

 

 

 
Fig.2.2.2 (a) Oblique shock wave over a sharp wedge. 

Where  

s = Shock angle 

ϴ = Wedge angle 
 

 
Fig.2.2.2 (b) Schematic representation of flow deflection over oblique shock wave. 
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a = Flow deflection angle. 
 

As the flow speed approaches truly supersonic over a sharp wedge, expected oblique shock wave is detached 

from the body and. Region soon after the shock wave approaches subsonic (fig 2.2.2(d)). This indicates that 

detached oblique shock wave has more strength than attached one.      

 
Fig 2.2.2(d) schematic representation of detached oblique shock wave over oblique shock wave in supersonic 

region. 

 

As speed increases, shock angle increases. When shock angle approaches near 90o, it will be considered as 

normal shock wave (2.2.1). We can calculate the flow parameters by using oblique shock equations which 

helps us to understand the behaviour of Oblique shock wave. 

 

We can find the deflection angle of the flow over oblique shock wave using below equation; 

 

          [
(   )  

 (         )
  ] 

Where a = flow deflection angle in degree, s = Shock angle in degree. 

 

Static temperature across the oblique shock wave can be calculated using the formula; 

 

  
  
 
[          (   )][(   )         ]

(   )        
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Total pressure across the oblique shock wave can be calculated using the formula; 

 

   
   

 [
(   )       

(   )         
]

 
   

[
(   )

          (   )
]

 
   

 

 

Mach number across the oblique shock wave can be calculated using the formula; 

 

  
     (   )  

(   )         

          (   )
 

Mach number across the oblique shock wave can be calculated using the formula; 
 

  
  
 
          (   )

(   )
 

2.2.3 Curved or Bow shock waves 

 
Bow shock waves arises when supersonic flow faces blunt shaped objects as disturbance material. Main reason 

is the value of theta is near to 900. When flow hits the blunt body, a smooth curved shape of wave starts to 

propagate around the body in supersonic medium (fig 2.2.3(a)). Due to this, Actual flow deflection angle will 

be greater than expected flow deflection angle. This indicates the strength of the wave. When strength of Bow 
shock is more, flow deflection angle will be greater than expected flow angle.  

 

 
Fig 2.2.3(a) Schematic representation of bow shock wave over blunt surface. 
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3. Airfoil Selection 

 
Reynolds number is calculated for 1 m of chord length of aircraft’s delta wing. To observe the critical 
behaviour of airfoil, aircraft’s maximum attainable speed is referred for the airfoil analysis. Therefore, 

considered value of velocity will be 617.4 m/s (1.8 M). Since the service ceiling of RAFALE is 50,000 ft., 

Density at that altitude is taken out for calculation. 

   
   

 
 

 

      
                 

        
 

 

                              
 

Analysis is defines based on this Reynold’s number. XFLR5 software is used for 2-D analysis by using airfoils 

from AIRFOIL TOOLS DATABASE. 

 

3.1 RAF25 

 

 
Fig. 3.1(a) RAF25 airfoil image from airfoil tool database. 

 
     Fig. 3.1 (b) CL vs α graph    Fig. 3.1 (c) CL/Cd vs α graph 
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RAF 25 airfoil falls under supersonic airfoils category. For 70% of thickness of airfoil, maximum CL is 0.440 

is attained at 3o angle of attack.  

Maximum value of CL/Cd is 81.325 attained at 3.001o angle of attack. This indicates the efficiency of airfoil 

which has to be considered for airfoil selection criteria. 

 

3.2 NACA 64209 

 

 
Fig. 3.2(a) NACA 64209 airfoil image from airfoil tool database. 

 
  Fig. 3.2 (b) CL vs α graph    Fig. 3.2 (c) CL/Cd vs α graph 

 

NACA 64209 airfoil belongs to supersonic airfoils category. For 70% of thickness of airfoil, maximum CL is 
1.482 is attained at 13.979o angle of attack.  

Maximum value of CL/Cd is 108.754 attained at 7.016o angle of attack. This indicates the efficiency of airfoil 

which has to be considered for airfoil selection criteria. 

 

3.3 NACA 63209 

 

 
Fig. 3.3(a) NACA 63209 airfoil image from airfoil tool database. 
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  Fig. 3.3 (b) CL vs α graph    Fig. 3.3 (c) CL/Cd vs α graph  

 

NACA 63209 airfoil falls under supersonic airfoils category. For 70% of thickness of airfoil, maximum CL is 

1.130 is attained at 9.004o angle of attack.  
Maximum value of CL/Cd is 109.873 attained at 7.020o angle of attack. This indicates the efficiency of airfoil 

which has to be considered for airfoil selection criteria. 

 

 

 

3.4 NACA 66206 

 

 

 
Fig. 3.4(a) NACA 64209 airfoil image from airfoil tool database. 
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 Fig. 3.4 (b) CL vs α graph    Fig. 3.4 (c) CL/Cd vs α graph 

 

NACA 66206 airfoil belongs to supersonic airfoils category. For 70% of thickness of airfoil, maximum CL is 

0.383 is attained at 1.996o angle of attack.  
Maximum value of CL/Cd is 50.386 attained at 1.993o angle of attack. This indicates the efficiency of airfoil 

which has to be considered for airfoil selection criteria. 

 

3.5 WEDGE FOIL 

 

 
Fig.3.5 (a) Wedge aerofoil with 4o of wedge angle. 

 

This airfoil is created by using supersonic wedge concept. Since wedges are superior in supersonic region, they 

have considered for observation in this analysis process.  4o of wedge angle is created with longitudinal 

symmetry.  
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  Fig. 3.4 (b) CL vs α graph    Fig. 3.4 (c) CL/Cd vs α graph  
Designed wedge airfoil belongs to supersonic airfoils category. For this airfoil, maximum CL is 1.2593 is 

attained at 14o angle of attack.  

Maximum value of CL/Cd is 136.32 attained at 7o angle of attack. This indicates the efficiency of airfoil which 

has to be considered for airfoil selection criteria. 

 

4. Design and Analysis setup 

 
4.1 Design details 

 
Design data is directly imported from Dassault aviation official website. Rafale is a French made, twin engine 

aircraft with delta wing configuration. Also, for better manoeuvrability at high angle of attack, (especially 

during stall) canard configurations were adopted for the aircraft’s design. Delta wing provided better wing 

performance at supersonic speed according to the observation. Fuselage id designed using 2D sketch images. 

Considered design parameters are mentioned in table. 

 
Table 4.1 Design details. 

 

Design 

Parameters 

Value 

Length 15.3 m 

Width 11 m 

Height 5.3 m 

Sweep angle 48o 
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Root chord length 6.60 m 

Tip chord length 1.4 m 

Wingspan 11 m 

 

 

 
Fig 4.1(a) CAD designed isometric image of Rafale. 

 

 
       Fig 4.1(b) Left side view    Fig 4.1(c) Front view  

 

4.2 Boundary condition and analysis setup 

 

According to the detailed mentioned in Dassault aviation website, Rafale achieved its maximum speed of 1.8 
Mach at 50000 ft. altitude above from the sea level. Therefore, pressure and temperature value at that altitude 

referred for the CFD analysis. Solidworks flow simulation is used for the CFD analysis. 
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Table 4.2(a) Boundary condition details. 
 

 

Parameter Value 

Velocity 617.4 m/s 

Pressure 11100 Pa 

Temperature -56.5o C (216.65) 

 

 

Model is scaled down to 1 m. Since we are dealing with supersonic flow, flow domain has to be large enough 

to capture the flow variation. Therefore, 20m of length, 15m of width and 15m of height flow domain is 

created and made to set for analysis purpose. Equidistant structural mesh is used with advanced refinement for 

the analysis process. 

 
 

 

 

 

 
Fig 4.2(a) Mesh detail over domain. 
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Fig 4.2(b) Close visual of mesh around Nose and Cockpit region. 

 

5. Result and Calculations 

 
5.1 Fuselage 

 
Fig 5.1(a) Attached oblique shock wave over fuselage and nose. 

 

Measured oblique shock angle is 40o. 

 

Flow divergence angle a,                     cot a= tan(   ) [
( .   ) .  

 ( .  sin   - )
- ] 
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a = 6.46
o
. 

 

  
  
 
[ (   )(   )     (  )  (     )][(     )        (  )   ]

(     )           
 

 
  

  
= 1.10099 

 

              

 

Temperature across the shock wave is,       T1 = 238.52
o 

C. 
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Total pressure ratio is,     
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     (   ) = 0.7592 

 

  
        

 

Mach number across the shockwave is,                        
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(     )
 

 

  
  
       

  =11100 Pa 

 

Static pressure across shock wave,                Pa. 
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      =1.2671160845. 

   
  
  

 

 

  = 

 
     

          
 

 

  = 0.1725 

 

Density across shock wave is,                 
   

 

 

 

 
 Fig 5.1(b) Mach number contour over fuselage.   Fig 5.1(c) Density contour over fuselage. 

 
 

 

 
` Fig 5.1(d) Pressure contour over fuselage. Fig 5.1(e) Specific heat contour over fuselage. 
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5.2 Case 1 
Delta wing with RAF25 airfoil. The observations are, 

 

 
Fig 5.2(a) Detached oblique shock over wing with RAF25 airfoil. 

 

Measured oblique shock angle is 40o. 

 

Flow divergence angle a,                             (   ) [
(     )    

 (          - )
- ] 

 

a = 6.46o. 

 

  
  
 
[ (   )(   )     (  )  (     )][(     )        (  )   ]

(     )           
 

 
  

  
= 1.10099 

 

              

 

Temperature across the shock wave is,       T1 = 238.92
o 

C. 
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Total pressure ratio is,      
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     (   )  

(     )            

 (   )(   )        (     )
 

 

  
     (   ) = 0.7592 

 

  
        

 

Mach number across the shockwave is,                        

 

  
  
 
 (   )(   )        (     )

(     )
 

 
  
  
       

  =11100 Pa 

 

Static pressure across shock wave,                Pa. 

 

  
  
 

(     )        (  )

(     )        (  )   
 

 
  

  
      =1.2671160845. 

   
  
  

 

 

  =  
     

          
 

 

  = 0.1725 

 

Density across shock wave is,   
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        Fig 5.2(b) Mach number contour over wing.                  Fig 5.2(c) Density contour over wing. 
 

 

 

 

 

 
      

 

 
   Fig 5.2(d) Pressure contour over wing.  Fig 5.2(e) Shear stress over RAF25 delta wing. 
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5.3 Case 2 
Delta wing with NACA 64209 airfoil. The observations are, 

 

 
Fig 5.3(a) Detached oblique shock over wing with NACA64209 airfoil. 

 

Measured oblique shock angle is 52o. 

Flow divergence angle a,           (   ) *
(     )    

 (            )
  + 

 

a = 11.625O 
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Temperature across the shock wave is,      =            
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Total pressure ratio is,       
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     (   )  

(     )            

 (   )(   )        (     )
 

=0.6219 

  
         

Mach number across the shockwave is,                

  
  
 
 (   )(   )     (  )  (     )

(     )
 

 

  
  
          

  =11100 Pa 

 

Static pressure across shock wave,                Pa. 

 

  
  
 

(     )        (  )

(     )        (  )   
 

  

  
=1.50665 

                  

Density across shock wave is,                 
  

 
        Fig 5.3(b) Mach number contour over wing.                  Fig 5.3(c) Density contour over wing. 
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 Fig 5.3(d) Pressure contour over wing. Fig 5.2(e) Shear stress over NACA64209 delta wing.. 

 

5.4 Case 3 

Delta wing with NACA 63209 airfoil. The observations are, 

 

 
Fig 5.4(a) Detached oblique shock over wing with NACA63209 airfoil. 

 

 

Measured oblique shock angle is 52o. 

Flow divergence angle a,             (   ) *
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Temperature across the shock wave is,   =            
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Density across shock wave is,                
  

 
 

 

 

 

 



 

 
 

INTERNATIONAL JOURNAL OF RESEARCH IN AERONAUTICAL AND MECHANICAL 

ENGINEERING 

WWW.IJRAME.COM 

ISSN (ONLINE): 2321-3051 

Vol.8 Issue 10,  

October 2020 

Pg: -01-32 

 

 
Kushal D Gowda

 
& Manjunath Sagar

 

 

24 

 

 
 

 

 
      

 

 

   Fig 5.4(b) Mach number contour over wing.                  Fig 5.4(c) Density contour over wing. 

 

 
 

 
 Fig 5.4(d) Pressure contour over wing.   Fig 5.4(e) Shear stress over NACA 63209 delta wing.. 
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5.5 Case 4 
Delta wing with NACA 66206 airfoil. The observations are, 

 

 
Fig 5.5(a) Detached oblique shock over wing with NACA66206 airfoil. 

Measured oblique shock angle is 55o. 
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Total pressure ratio is,        
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 Fig 5.5(b) Mach number contour over wing.                  Fig 5.5(c) Density contour over wing. 

 

 

 

 
 

 

 

 Fig 5.5(d) Pressure contour over wing.      Fig 5.5(e) Shear stress over NACA 66206 delta wing. 
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5.6 Case 5 
Delta wing with Wedge airfoil. The observations are, 

 

 
Fig 5.6(a) Detached oblique shock over wing with Wedge airfoil. 

 

Measured oblique shock angle is 44o. 
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Total pressure ratio is,        
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Fig 5.6(b) Mach number contour over wing.                  Fig 5.6(c) Density contour over wing.

 
 Fig 5.5(d) Pressure contour over wing. Fig 5.6(e) Shear stress over Wedge delta wing.. 
 

6. Result comparison 
Table 6.1 Result details of cases. 

 

Parameters 

 

 
  

 Cases 

Shock 

angle 

Flow 

deflection 

angle (a) 

(Initial – 
0o) 

 

In o 

Temperature 

across shock 

wave (T1) 

(Initial – 
216.65K) 

 

In K 

Total 

pressure 

ratio of 2 

regions 

Mach 

number 

across 

shock 
wave (M1) 

(Initial – 

1.8M) 

 

In M 

Static 

pressure 

across 

shock 
wave (P1) 

(Initial – 

11100 Pa) 

 

In Pa 

Density 

across the 

shock wave 

(ρ1) 
(Initial – 

0.1725 

kg/m3) 

 

In kg/m3 

 

FUSELAGE 

 

40o 
 

6.46o 
 

238.52 

 

0.99624 

 

1.57480 

 

15486.034 

 

0.21858 
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RAF25 

 

40o 
 

6.46o 
 

238.52 

 

0.99624 

 

1.57480 

 

15486.034 

 

0.21858 

 

NACA 64209 

 

46o 
 

11.625o 
 

257.29354 

 

0.98026 

 

1.3968 

 

28331.973 

 

0.25989 

 

NACA 63209 

 

52
o 

 

15.72860
o 

 

274.40889 

 

0.9534788 

 

1.237 

 

31213.00 

 

0.2969 

 

NACA 66206 

 

55o 
 

19.3483o 
 

282.338 

 

0.93767 

 

1.21869 

 

32519.892 

 

0.3136395 

 
4o  Wedge 

 
44o 

 
7.5429o 

 
251.2273 

 
0.9870 

 
1.36720 

 
18396.03 

 
0.24653 

 
Graph 6.1 Density variation for all cases. 
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7. Conclusion 

 
As per the observation made throughout the study of shock wave over rafale’s delta wing, only nose with 
fuselage section encountered attached oblique shock wave. Except that, other all wing with different airfoil 

configurations experienced detached oblique shock wave. Density parameter is used to conclude the 

effectiveness of shock waves generated for different cases with different angles. 

Among five cases, case 4(i.e.5.5) with NACA 66206 airfoil configuration experienced a detached shock wave 

of 55
o
 which is noted as maximum strength. Also the same shock wave deflected the flow up to 19.3483

o
 

which is higher than any other case. Static pressure rise occurred about 32519.892 Pa across the shock wave 

which is greater than initial condition with the increment of 21,419.892 Pa. 

RAF25 airfoil wing configuration encountered 40o of shock wave which is the least among other four. Flow 

deflection angle is about only 6.46o. This airfoil is referred as standard because it’s currently used for the 

rafale’s wing. Wedge airfoil exhibited some futuristic characters when we compare to other airfoil 

configurations. 
Even though wedge is designed as symmetric airfoil, it experienced 44o of detached shock wave which is near 

to RAF 5’s performance. Also other calculated parameters shows that optimised behaviour over NACA 

64209, NACA 63209 and NACA 66206 airfoils which are already classified under supersonic categories. 

Futuristic study may consists of observation and analysis of the wedge airfoil with respect to the different 

cruise speed with suitable wedge angle in order to encounter the shock waves in different speed regions. 
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